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ABSTRACT 
. . .  
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0 . 

A computational method for the predictjon of the three-dimensional 

viscous-flow pressure distributton over f in i te  wings has been developed. 

In  this method, a three-dimensicnal potential-flow computer program was 

combined w i t h  a two-dimensional swept-wing viscous-flow coniputer program 

us ing  strip analysis. A 1- by 3-meter semispan wing of taper ratio 1 

with NACA 0012 sections was used as a test case fo r  the method. An 

experiment was also performed as part of a larger investigation t o  

a comparison w i t h  the theoretical 

. 

provide surface 

results. 

Results of 

cam be r effects 

pressure data for  

the i nvesti gat i on indicate, that  by considering only 

n the airfoi l  mod fication technique, the strip method 

approached a l i m i t i n g  value of total normal-force coefficient i n  three 

i.terations i n  the absence o f  flow separation. however, i f  flow 

separation d i d  occur i n  the boundary-layer development calculat ions,  

the airfoi l  modification method proved t o  be inadequate. 

Generally, i f  no separation of the flow occurred i n  the boundary- 

layer development calculations, the strip method demonstrated good 

agreement w i t h  experiment a t  the inboard semispan stations and approached 

a l i m i t i n g  value of total  normal-force coefficient w i t h i n  three t o  

f ive iteyati.ons. 
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CHAPTER I 

. 

INTRODUCTION 

A t  present , the re  are several t,wo- and three-dimensional swept-wing 

viscous-f low programs and several three-dimensional po ten t i a l - f l ow  

programs ava i l ab le  t o  the aerodynamicist (Refs. [ l ]  t o  [4]). Such 

programs are being used f o r  the design and analysis o f  f i n i t e  wings. 

I n  the case o f  three-dimensional p o t e n t i a l - f l o w  programs, the viscous 

e f f e c t s  present i n  r e a l  f l u i d  f l o w  are not  accounted f o r ;  therefore,  

these programs tend t o  overpredict  the pressure d i s t r i b u t i o n  and hence 

the  l i f t  o f  t t ie wing. 

bu t i on  i s  necessary t o  coinpute the  boundary-layer development and p r o f i l e  

drag o f  the wing. Therefore, there has been increas ing e f f o r t  i n  recent 

years t o  develop techniques which w i l l  account f o r  the viscous e f f e c t s  

of the boundary l aye r  on the pressure d i s t r i b u t i o n .  

Accurate p red ic t i on  o f  the pressure d i s t r i -  

. One such technique i s  the combining o f  a two-dimensional swept-wing 

viscous-f low program w i t h  a three-dimensional p o t e n t i a l - f l o w  program 

u t i l i z i n g  a " s t r i p  method". The s t r i p  niethod involves computing the 

three-dimensional surface pressure d i s t r i b u t i o n  over a f i n i t e  wing and 

then d i v i d i n g  i t  i n t o  a number o f  chordwise'ktr ips."  The surface 

pressure d i s t r i b u t i o n  f o r  each s t r i p  i s  then used t o  d r i v e  the two-  

dimensional swept-wing viscous-f low program. 

as an i n f i n i t e  wing. A f t e r  the boundary-ldyer development f o r  each 

Each s t r i p  i s  thus t rea ted  

1 
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.. 

strip is calculated, a new airfoil  geometry is determined u s i n g  the 

resulting displacement thickness .. I t  was Prandtl who f i r s t  suggested 

modifying the airfoil  geometry by adding the boundary-layer displacement 

thicknesses t o  the original geometry t o  account for the displacement'of 

the potential-flow streamlines by the boundary layer. The new geometry 

of the various,strips is then used as input t o  the three-dimensional 

potential-flow program t o  compute a new surface pressure distribution. 

T h i s  process can be repeated until convergence is obtained. 

The objective of this investigation was t o  combine one such three- 

dimensional potential-flow program (Ref. [ l ] )  and two-dimensional swept- 

. wing viscous/potential-flow program (Ref. [2]) in a s t r ip  method. These 

two computer programs were selected because of their  a v a i l a b i l i t y  t o  

the author and their  computational efficiency. 

An experiment was also performed as par t  of a larger investigation 

c 

t o  provide experimental da ta  f o r  validating new three-dimensional 

viscous-flcw methods (Ref. [ 5 ] ) .  

In this experiment, a 1- by 3-meter semispan wing o f  t ape r  r a t i o  '1 

w i t h  NACA 0012 sections was tested in the Langley V/STOL tunnel t o  

measure the surface pressure distribution a t  several sweep angles 

through an angle-of-attack range of -6" t o  20'. These experimental 

surface pressure distributions were used i n  th is  investigation as a means 

o f  verifying the s t r ip  method results. 

During this investigation, an adequate convergence criterion was 
A 

not  established for the strip method; therefore, an arbitrary number of 

five iterations was perforxed and comparisons w i t h  the experimental 
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data were made. 

were more than enough t o  obta in  good agreement w i t h  the data o f  

Reference [SI. 

Results i nd i ca ted  t h a t  i n  most cases f i v e  i t e r a t i o n s  

c 



c 
CHAPTER I1 

METHOD OF ANALYSIS 

Description of the S t r i p  Method 

A flow chart for the s t r ip  method is given i n  Figure 1.  User 

i n p u t  da t a  such as geometry and free-stream conditions are read i n  by 

. 

the three-dimensional potential-flow program ( D E R I V )  and stored off on 

random access f i les .  A brief description of t h i s  program taken from 

Reference [ l ]  is given i n  Appendix A. After the potential-flow pressure 

calculations are completed, stagnation p o i n t  locations are calculated 

for  each strip i n  subroutine STAG by simply scanning the pressure 

coefficients and determining the x/c location of the largest value. 

Because o f  the differing geometry requirements of DERIV and the viscous/ 

potential-flow program (VIP) of Reference [2], the pressure coefficients 

must then be interpolated t o  obtain values perpendicular t o  the leading 

edge. T h i s  is accomplished i n  subrout ine  INTRP u s i n g  conventional, 

f i rs t  order, Lagrangian interpolation and a coordinate system transfor- 

mation as  shown i n  Figure 2. In the case of a configuration w i t h  zero 

sweep, INTRP i s  bypassed since the pressure distribution is already 

perpendicular t o  the leading edge. Section and total normal-force 

coefficients are then computed by integrating the pressure distributions. 

Integration i s  .accomplished i n  subroutine INTEG using a cubic spline 

under tension. The pressure coefficients and x/c locations for the 

4 
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various s t r i p s  are then used a s ' i n p u t  t o  the i n t e g r a l  boundary-layer 

ca l cu la t ron  method (IBL) o f  V I P .  A b r i e f  desc r ip t i on  o f  t h i s  program 

taken from Reference [2] i s  given i n  Appendix B. IBL then ca lcu lates 

the boundary-layer development perpendicular t o  the  leading edge o f  the 

a i r f o i l  f o r  each s t r i p  and subroutine PRINTER p r i n t s  the r e s u l t i n g  

boundary layer,  displacement, and momentum thickness developments, and 

shape fac to r ,  crossf low angles, s k i n - f r i c t i o n  c o e f f i c i e n t ,  and v e l o c i t y  

p r o f i l e  developments versus x/c. 

surface pressure d i s t r i b u t i o n  and upper and lower surface displacement 

Subroutine BLPLOT then p l o t s  the 

th ickness developments versus x/c. 

The next  f o u r  subroutines (INTRP1 , 'GEOMAD, SMOOY, and GRADNT)deal 

wi th  the  computation o f  a modif ied a i r f o i l  geometry and c o n s t i t u t e  the 

most important step i n  the  i t e r a t i v e  process o f  the s t r i p  method. The 

se lec t i on  o f  an adequate a i r f o i l  geometry mod i f i ca t i on  method t h a t  w i l l  

insure convergence i n  a reasonable number o f  i t e r a t i o n s  i s  o f  utmost 

importance i n  terms o f  computer t ime and e f f i c i ency .  I n  t h i s  invest iga-  

t i on ,  t h e  a i r f o i l  geometry was modif ied by computing e f f e c t i v e  boundary- 

l a y e r  displacement thicknesses f o r  each s t r i p  and then adding them t o  

the o r i g i n a l  camber l i n e  o f  the s t r i p .  The e f f e c t i v e  boundary-layer 

displacement 'thicknesses, b*total , were computed using the fo l l ow ing  

propor t ion ing technique t o  prevent over-correct ion dur ing the i n i t i a l  

i t e r a t i o n s  : 

f o r  i = 1 
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h e r e  

. 

f o r  i = 1,2,3, ... (3 )  

and f = i t e r a t i o n  number. 

The a d d i t i o n  o f  the 's t o  the o r i g i n a l  camber l i n e  o f  each 

s t r i p  o f  t he  a i r f o i l  has tf ie e f f e c t  o f  "uncambering" the a i r f o i l  

as shown i n  Figure 3. Thid uncambering e f f e c t  can r e s u l t  i n  very steep, 

p o s i t i v e  gradients o f  the Camber l i n e  a t  the t r a i l i n g  edge. 
II 

Because o f  

t h i s ,  t h e  fo l l ow ing  formula was used t o  l i m i t  the slope o f  the camber 

l i n e  near the t r a i l i n g  edge: . .  

Camber slope l i m i t  = .1875 a + .125 (4) 

where a i s  the angle o f  a t tack i n  degrees. The boundary l aye r  tends 

t o  produce the e f f e c t  o f  uncambering and reducing the  angle o f  a t tack 

of the sect ion which decreases the l i f t. Also, the boundary l aye r  tends 

t o  produce the e f f e c t  o f  th ickening the a i r f o i l  thereby causing an 

increase i n  l o c a l  surface v e l o c i t i e s .  The magnitudes o f  these e f f e c t s  

are shown i n  f i gu re  4 where sect ion normal-force c o e f f i c i e n t s  f o r  a 

NACA 0012 wing f o r  a range o f  angle o f  a t tacks have been p lo t ted .  These 

values were obtained a f t e r  f i v e  i t e r a t i o n s  o f  the two-dimensional, 

viscous-f low prograin o f  Reference [6]. This  computer program uses a 

s imi lar :  technique t o  modify the  o r i g i n a l  a i r f o i l  t o  account f o r  the 

viscous e f f e c t s  o f  the boundary l a y e r  and includes the per turbat ion 

v e l o c i t y  e f f e c t s  due t o  thickness as we l l  as t o  l i f t. I n  Figure 4, the 

c i r c l e s  represent the po ten t i a l - f l ow  values o f  the sect ion normal-force 

I - 
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coefficient, while the squares and diamonds represent the section CN's 

considering only camber and camber plus thickness effects, respectively. 

I t  can be seen tha t  the perturbation velocity due t o  the camber effects 

alone account for most of the sectional normal force. The effect 

of t h e  boundary layer on t h e  basic thickness of the NACA O G 1 2  airfoil  

i s  thus of secondary importance and therefore was no t  included i n  the 

present investigation. 

As shown in Figure 1 ,  subroutine INTRPl interpolates the displacement 

thicknesses t o  locations on the wing which are parallel t o  the free- 

stream flow, us ing  f i r s t  order Lagrangian interpolation. T h i s  interpo- 

lation i s  necessary t o  obta in  values of 'the displacement thicknesses 

which are compatible w i t h  the geometry requirements of DERIV. 

INTRPl is  divided into two par ts .  The f i r s t  par t  takes the calculated 

values of the displacement thicknesses froy IBL and interpolates t o  

obtain values perpendicular t o  the leading edge a t  the user specified 

control p o i n t  locations. The second part  then interpolates these values 

t o  locations on the wing which  are parallel t o  the free-stream flow 

direction. This second part i s  bypassed for a configuration with zero 

sweep. 

Subroutine 

I t  should be noted t h a t  whenever any interpolation i s  performed 

the original x/c and spanwise spacing, input by the user, is  preserved. 

After the displacement thicknesses have been interpolated t o  locations 

compatible w i t h  the geometry requirements of DERIV, subroutine GEOMAD 

i s  called and computes the 

specified x/c locations. These displacement thicknesses, which form the 

's for each s t r ip  a t  each of the 

new camber lines of each s t r ip  of the airfoi l ,  are-then smoothed twice 



8 

. 

using a standard l e a s t  squares smoothing technique and p lo t ted .  

Subroutine GRADNT then computes the slopes o f  the smoothed camber l i n e s  

using f i n i t e  dif ference techniques. The program then t e s t s  t o  see i f  

the number of user-speci f ied i t e r a t i o n s  have been completed. I f they 

have not, t h e  computed slopes f o r  each camber l i n e  a re  used as the new 

geometry i n p u t  .to DERIV. A l l  o ther  geometry and free-stream f l o w  i n f o r -  

mation i n p u t  by the user remains the same. The e n t i r e  process i s  then 

repeated u n t i l  the required number o f  i t e r a t i o n s  i s  completed. 

L im i ta t i ons  o f  the S t r i p  Method 

Current ly,  t h i s  method i s  l i m i t e d  t o  conf igurat ions w i t h  one 

component (.that i s ,  no s l a t s  o r  f l aps ) ,  although there are plans t o  

extend i t s  capab- i l i t y  t o  inc lude multi-element conf igurat ions using an 

a l t e r n a t e  p o t e n t i a l - f l o w  program (Ref. [4]). The program i s  l i m i t e d  t o  

angles o f  a t tack  below t h a t  angle where t u r b u l e n t  separat ion occurs i n  

the i n t e g r a l  boundary-layer ca l cu la t i on  method (approximately 100 a t  40" 

sweep) and on ly  one angle-of-attack case can be run a t  a time. Since 

t h i s  program i s  a p i l o t  code t o  demonstrate the p o t e n t i a l  value o f  a 

s t r i p  method i n  p red ic t i ng  the three-dimensional f l ow  proper t ies o f  

f i n i t e  wings; t he  program has no t  been optimized, and consequently, i t  

i s  i n e f f i c i e n t  and requires approximately 80 seconds o f  CPU t ime per 

i t e r a t i o n  on the CYBER 175T computer. (This t ime i s  based on a 

. con f i gu ra t i on  modeled wi th  20 chordwise subpanels and 10 spanwise 

subpanel s . ) 



CHAPTER I11 

EX PER IMENTAL I WV EST I GAT I ON 

Test Procedure 

An experimental investigation (Ref. [5]) was conducted t o  provide 

pressure distributions on a 1- by 3-meter semispan wing with taper 

ratio of 1.0 a t  various sweep angles. The semispan pressure wing was 

tested i n  the Langley V/STOL tunnel a t  five different sweep angles . 

(0' t o  40") and through an angle-of-attack range of -6" t o  20". 

Pressure d a t a  were obtained a t  600 pressure t a p  locations with 60 

pressure taps d i s t r i b u t e d  a t  each of 10 spanwise s t a t i o n s .  The semi- 

. -  

span wing was tested a t  free-stream dynamic pressures of 1.44 kN/m 2 

and 2.39 kN/m2 w i t h  a corresponding Reynolds number based on a 1-meter 

chord of 3.36 x lo6 and 4.27 x lo6, respectively. 
I 

Description of Model 

The semispan wing model was constructed with NACA 0012 airfoil  

sections. The NACA 0012 airfoil  section was selected because of i t s  

good low- and high-speed performance characteristics and because o f  the 

available of additional tes t  d a t a  over a wide range of tes t  conditions 

. (Refs. [71,[81,and [ S I ) .  Coordi.nates of the NACA 0012 are gi<ven in . 
Reference [7] and are also presented in Table I a t  the design pressure 

t a p  locations. A scheinatic drawing of the model and support system i s  shown 

i n  Figure 5. The range of sweep angles, 0" t o  40", was made possible by 

* 
e 
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the movement i n  the pitch mechanisms of the model support system w i t h  

the a d d i t i o n  of one of two wedge blocks (12' or 33') a t  the wing root. 

t 

Values of wing  span and aspect ra t io  for  the wing a t  different sweep 

angles are presented i n  Table 11. The wing slot  inserts prevented flow 

through the reflection plate .  The wing tips were kept parallel t o  the 

free stream as the' wing was swept by at taching appropriate w i n g - t i p  

f a i r ing .  These t i p  fairings d i d  not contain s t a t i c  pressure taps. 

The spanwise locations of the pressure taps are presented i n  

Table 111 and were determined by the following equation for A = 0": 

r(10-k) 9 = .05 $. .95 cos[ 2o ] 0 - < k -- < 9 

. .  

(5) 

where k is the s t a t ion  number starting near the wing  root. T h i s  dis- 

t r i b u t i o n  allowed for  a concentration of pressure taps a t  the outboard 

portion of the wing where the pressure gradients are the largest. 

A circular reflection plate w i t h  a diameter of 3.05 m was 

added t o  the model t o  simulate a full-span wing and t o  shield the model 

from t h e  influence of  the tunnel wall boundary layer. 

The  wing  model was fabricated by covering a solid aluminum spar w i t h  

a fiber-glass skin. The pressure t u b i n g s  were embedded i n  the fiber- 

glass s k i n  and routed t o  a s e t  of scanivalves attached t o  the s t i n g  

m Q u n t  below the reflection plate. 

the upper and lower wing surfaces a t  0.05 x/c. A l l  theoretical results 

were t r i p p e d  a t  the same x/c location. A photograph o f  the model in the 

Langley V/STOL tunnel is  shown i n  Figure 6. 

A transition s t r i p  was installed on 



CHAPTER I V  

Sweep 
Angle, 

deg 
Figure 

Angle o f  
Attack, 

deg 

PRESENTATION OF RESULTS 

0 

20 . 

Theore t i ca l  boundary l a y e r  and surface pressure d i s t r i b u t i o n s  were 

obtained f o r  a 1- by 3-meter semispan wing with NACA 0012 a i r f o i l  

sect ions over a range o f  sweep angles f r o m  0" t o  40" f o r  an angle-of- 

a t t a c k  range of 0' t o  9". Because o f  t he  l a r g e  volume o f  data, on ly  

2.53,6*75 2:39 1.441 -18 -14 7,9,11 
8.85 
6.76,8.84 2.39 2.39 .18 .18 13,15 

e i g h t  cases are presented with tabulated r e s u l t s  omitted. These e i g h t  

40 

cases a re  compared with experimental r e s u l t s  (Ref. [SI) and are 

presented as i n d i c a t e d  i n  the  fo l lowing tab le:  

2.48,6.65 2.39 1.44 .18 .14 17,19,21 
8.73 

I I 
Surface Pressure and Displacement 

Thickness D i s t r i b u t i o n s  
1 I I 

I . . .  I I 1 

I I I I I I I 
I I I I 1 1 
I I 

The t h e o r e t i c a l  value. of t he  Reynolds number was 3.97 x l o 6  based on a 

wing chord o f  1 meter. 

11 
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* 

The results a re  plotted us ing  a format of four graphs per semispan 

s t a t ion .  The f i r s t  graph is  a plot of pressure coefficient versus x/c. 

Experimental values of pressure coefficient are plotted along w i t h  the . 

theoretical values fo r  five iterations. Below this graph, the displace- 

ment thickness developments for the upper and lower surfaces of the strip 

are p l o t t e d  i n  'terms of z/c .versus x/c for five iterations. 

calculates the displacement thickness development 'for each surface of 

each strip a t  200 values of x/c. 

only every fourth p o i n t  is plotted. The bottom graph  i s  a plot of the 

camber line z/c values versus x/c location for six iterations. 

IBL 

For purposes o f  graphical c lar i ty ,  

I t  should 

be mentioned t h a t  only the camber l ine i s  plotted for the sixth iteration 

as a further ind ica t ion  o f  the numerical s tabi l i ty  or instabil i ty o f  the 

strip method. In the symbol key, the open circles represent the f i r s t  

iteration or potential-flow solu t ion  ( t h a t  is ,  neglecting viscous 

effects),  and the other symbols represent successive iterations which 

include the effects of the boundary layer. 

plotted results, the different symbols are d i f f i c u l t  t o  distinguish. 

A summary of the theoretical results i s  presented in the even- 

Due t o  the scale of the 

numbered figures 8 t h r o u g h  22 where the t o t a l  value of the normal-force 

coefficient i s  plotted versus iteration number, and the normalized 

section normal-force coefficients are plotted f o r  every i t e r a t ion  

versus senii.span location. Experimental results from Reference [5] 

are plotted on the la t te r  graph  f o r  a comparison. h 



13 

All results are plotted perpendicular t o  the leading edge o f  the 

wlng, For a nonzero sweep case, the plotted values of pressure 

coeffictent have been interpolated from. their  corresponding streamwi se 

values using fl'rst order Lagrangian interpolation. 

. 



CHAPTER V 

RESULTS AND DISCUSSION 

. 

In most cases presented, the strip method approached a limiting 

value o f  total normal-force coefficient after five iterations, and 

the final iteration results were n o t  much different from the in i t ia l  

iteration results. Tn. fact ,  the in i t ia l  iteration results ( t h a t  i s ,  

no t  including boundary-layer effects) agreed very we1 1 w i t h  the da ta  in 

most cases. 

ration run i n  the s t r ip  program was a symnetric airfoil  w i t h  no twist, 

taper, etc. More complicated configurations (for example, a supercritical 

section) could very well yield more dramatic results. Another reason 

could be due t o  the linearized boundary conditions of the potential-flow 

program. This approximation results i n  a lower calculated value of the 

One reason f o r  this may be-due t o  the fact t h a t  the configu- 

surface velocity which results i n  a lower value of the pressure 

coefficient. F i g u r e s  8, 10, 12, 14, 16, 18, 20, and 22, 

where the t o t a l  normal-force coefficient i s  plotted versus 

iteration number, demonstrate t h a t  the strip method approached a l i m i t i n g  

value of CN af ter  three iterations i n  most cases. 

absence of flow separation i n  the boundary-layer development calculations , 
the strip method approached a limiting value o f  

( F i g .  22) .  

However, i n  the 

CN even sooner 

I f  separation does occur, the displacement thicknesses 

must be extrapolated t o  the trail ing edge. This can lead t o  unpredictable 

14 



camber l ine calculations and oscillating pressure distributions. This 

effe.ct can be clearly seen i n  Figures 7(g) ,  7(h), 9(d) ,  9(e) ,  l l ( g ) ,  

l l ( h ) ,  and 13(d) where separation is evident i n  the random values of the 

displacement thicknesses near the trail ing edge. Since the airfoil  

modification method employs a proportioning technique us ing  present 

and previous iteration values of the displacement thicknesses , this 

effect can be transmitted t o  succeeding iterations and is  evident i n  

the prevl'ously mentl'oned figures. 

Poor agreement with experiment t n  section normal-force coefficient 

as computed by the strip method for cases w l t h  40" sweep (Figs. 18, 20, 

and 22) can be attributed t o  the tnterpolatlon of the pressure coeffi- 

cients, In a l l  cases, the experimental section normal force is 

decreas,ed near the root by the ineffectiveness of the reflection plate. 

T h i s  result indicates t h a t  the reflection plate was not large enough 

t o  fully reflect the properties of a full-span wing .  The wing- t ip  

vortex flow i s  evident from the increase in trailing-edge suction 

pressure i n  the experimental surface pressure data i n  Figures 9 ( h )  

and l l ( h ) .  

Poor agreement wi th  experiment i n  surface pressure distributions 

as computed by the strip method a t  low angles of attack can be a t t r i -  

buted t o  the inaccuracy of the potential-flow program i n  t ak ing  i n t o  

account the spanwise component of flow near the leading edge (Fig. 1 7 ) .  
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General ly,  if no geparation o f  t h e  f l o w  occurred i n  the  boundaryl 

l a y e r  development ca l cu la t i ons ,  t he  s t r i p  method demonstrated good 

agreement wi th  experiment a t  t he  Inboard seml’span s t a t i o n s  and approached 

a l i m i t i n g  value of t o t a l  normal-force c o e f f i c i e n t  w i t h i n  th ree  t o  

f i v e  i t e r a t i o n s .  ‘ 

!I 

. 



CHAPTER vr 

CONCLUSIONS AND RECOMMENDATIONS 

A .  computational method for the prediction o f  the three-dimensional 

viscous-flow pressure distribution over f in i t e  wings  has been developed. 

A 1- by 3-meter semispan wing o f  taper ra t io  1 w i t h  NACA 0012 sections 

was used as a test  case for  the method. An experiment was also performed 

as part  of a larger investigation t o  provide data for  a comparison w i t h  

the theoretical results. Results of the investigation ind ica tc tha t  by 

considering only camber effects i n  the a i r foi l  modification technique, 

the strip method approached a limiting value o f  total normal-force 

coefficient in three iterations i n  the absence of flow separation. 

However, if flow separation d i d  occur, the ai r foi l  modification method 

proved t o  be inadequate: Two possible solutions t o  this problem are: 

(1)  modifying the integral boundary-layer calculation method to  compute 

t h r o u g h  separa t ion  t o  t h e  t r a i l i n g  edge and ( 2 )  devising a new airfoi l  

modification method altogether.. One such alternate method would be the 

calculation of a source d i s t r i b u t i o n  3s a func t ion  of the displacement 

thicknesses t o  represent. the boundary layer. T h i s  approach has the 

added advantage o f  being computationally faster than the method used i n  

this investigation. 

In the future, any strip method should use potential- and viscous- 

f l o w  programs that have similar geometry i n p u t  so that no interpolation 

of the i n p u t  and o u t p u t  is necessary. Execution time and overall 

17 
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accuracy o f  the results would t h u s  be enhanced. A potential-flow 

program such as Reference [4] would also be much better because i t  

sat isf ies  the boundary conditions on the surface o f  the a i r f o i l  instead 

of on the chordal plane. 

The stagnat ion p o i n t  location technique i n  the strip method i s  very 

dependent on the number o f  chordwise control points used t o  solve for 

the boundary conditions. Therefore, a more accurate technique should be 

devi sed. Adequate convergence criterion a1 so needs t o  be defined. 

Testing the difference i n .  total normal -force coefficient for two 

successive iterations and setting a lower limit on this difference is  

one such criterion that may be promising. 

. 
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APPENDIX A 

DESCRIPTION OF THE POTENTIAL-FLOW PROGRAM 

General Description 

rhe potential-flow program of Reference [ l ]  i s  an analysis method 
I 

for  the prediction o f  the s t a t i c  and rotary s tabi l i ty  derivatives for a 

complete airplane configuration. The perturbation flow about the 

confikyration i s  represented by a g r i d  of quadrilateral vortex and 

horseshoe vortex and source singularities. Surface pressures and 

integrated section and total loads and moments are computed. Subcritical 

compressibility i s  accounted fo r  by means of the Goethert similarity rule. 

A smaller version of t h i s  program, for  the computation o f  the 

surface pressure distribution over a wing only, was used in the present 

investigation since the study of the flow over f in i t e  wings add computing 

efficiency were of prime interest .  

features of the program relating t o  the potential-flow pressure 

d i s t r i b u t i o n  calculations over a f in i t e  wing w i n 1 1  be discussed. The 

program i s  primarily written in FORTRAN IV (several sections are written 

i n  Compass Assembly language t o  minimize CPU time) for the CDC 6000 

series computers. 

Because of th i s ,  only the method'and 

I t  uses 71,000 octal words of storage and operates 

8 

in the overlay mode. 
4 

b 

I 
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Wing Alone Version Description 

- r  

t 

s 

0 

The wing i s  dtvided into a number of subpanels w i t h  a typical source 

and vortex la t t ice  g r i d  as show i n  Figure23. Wing singularities are 

placed on the chordal plane instead.of the external surface of the wing. 

After the coordinates o f  the subpanel corner points are calculated, 

the coordinates of the source and vortex la t t ices ,  used t o  represent the 

perturbation velocity due t o  thickness and l i f t ,  respectively, are 

determined. The wing bound vortices and control p o i n t s  are placed on 

the quarter and three-quarter chord of the 'subpanels, respectively. The 

trail ing edges of the horseshoe vortices are placed along the subpanel 

side edges and are straight lines i n  the X-direction going o f f  t o  

infinity. The source strengths Z are defined by the change in thick- 

ness over t h a t  por t ion  of the subpanel i t  represents, so t h a t  

where A i s  t h e  sweep o f  t h e  source line and vx i s  the t o t a l  free- 

stream onset velocity i n  the X-direction. The horseshoe vortex strengths 

l? mus t  be solved for utilizing the boundary condition t h a t  a minimum 

of flow passes through the chordal surface of 'the wing panel a t  a 

f in i te  number of control points. 

condition, the total flow due t o  a l l  the singularities and the free- 

In order t o  satisfy this boundary 

stream onset flow i s  summed a t  each control point, and the scalar product 

of this sum i s  minimized. This results i n  a set o f  linear aerodynamic 

influence equations w h i c h  a r e  solved f o r  the unknown vortex strengths 

using Householder's method. 
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The influence equations are given by: 

0 

where [A] i s  the aerodynamic influence matrix. The vector {e) is  the 

f low through the mean camber surface o f  the wing a t  the control po in t s .  

Th i s  vector i s  zero f o r  a discrete p o i n t  solution (same number o f  

unknowns a s  equations). 

matrix is associated w i t h  the influence of a singularity on a control 

Each element o f  the above aerodynamic influence 

. poin t .  The singularities and control points are ordered such-that a l l  

of the long i tud ina l  s t a t ions  for the f i r s t  lateral station are considered 

f irst ,  and then a l l  the longitudinal stations for the second l a t e ra l  

s t a t i o n  are cansidered second, etc. The longitudinal stations s t a r t  a t  

the leading edge of the wing and go toward the trail ing edge; the 

lateral stations s ta r t  a t  the hoot of the wing and go toward the t i p .  

The velocity tangent t o  the wing  surface i n  the longitudinal 
direction i s  given by: * 

where 
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and where X/C i s  the l o c a l  percent chord and - % i s  the length o f  the 

subpanel i n  the  l o n g i t u d i n a l  d i r e c t i o n .  

The v e l o c i t y  tangent t o  the wing sQrface i n  the  l a t e r a l  d i r e c t i o n  

i s  given by: 
J 1 

mn 

mn 

v (11 1 

where [Sx] and [S,] are the inf luence matrices def ined by the 

components of pe r tu rba t i on  v e l o c i t y  induced by the u n i t  s t rength sources 

i n  the  X- and Y-direct ions, respect ive ly ,  and 

U 

8 
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- 
where 5 i s  the  length of the subpanel i n  the lateral direction. 

Note, i n  equatfons (8) 'and ( l l ) ,  the t o p  sign is  used t o  compute 

the velocity on t h e  upper surface and the bottom s i g n  the lower surface 

i n  those terms which have a plus a n d  minus  i n  front. 

The surface pressure coefficients a t  each of the control points on 

the wing are then computed using the following expression: 

where y ' is the ratio of specific heats. 



APPENDIX B 

DESCRIPTION OF THE VISCOUS-FLOW PROGRAM 

General Description 

The viscoLk/potential-flow program of Reference [2] i s  composed of 

a two-dimensional, boundary-layer segment and a two-dimensional po ten t ia l -  

flow segment. A brl'ef descr ip t ion  of t h e  complete program will be given 

followed by a d e t a i l e d  descr ip t ion  o f  the two-dimensional, i n t eg ra l  

approach used i n  t h e  viscous-flow segment since t h i s  approach was used 

i n  the present investigation. 
I 

The program can handle a t  most'a configurat ion composed of four  

elements ( t h a t  is, a s l a t ,  main component, and a t  most two f l a p s ,  s l o t t e d  

or uns lo t t ed ) .  A l l  program i n p u t  and oc tput  a r e  i n  the normal chord 

d i r e c t i o n ,  t h a t  is ,perpendicular  t o  the leading edge. 

The two-dimensi m a l  po ten t ia l  -f 1 ow segment employs a vortex- l a t t i  ce  

su r face  s i n g u l a r i t y  techmique. The  a i r f o i l  is approximated by a number 

o f  planar  segments w i t h  the endpoints located on the ac tua l  a i r f o i l  

sur face .  A t r i a n g u l a r  d i s t r i b u t i o n  of v o r t i c i t y  is  then placed on the 

upper  and lower surfaces a s  indicated i n  Figure24 (taken from Ref. [2]).  

The viscous-flow segment uses either a f i n i t e  d i f fe renc ing  o r  

i.ntegra1 boundary-layer technique depending on the configurat ion region. 

The boundary-layer development of the main component and a l l  lower 

su r faces  are computed u s i n g  ar, i n t eg ra l  apprcjach, while s l o t  regions a r e  

24 



25 

- m  

c 

8 

computed via finite difference methods as shown in Figure25 (taken from 

Ref. [ Z ] ) .  The viscous/potential.-flow interaction is accomplished by 

calculating a source distribution as a 'function o f  the displacement 

thicknesses and pressure distribution. This source distribution is then 

included In the second calculation of the potential flow and represents 

the effect o f  the boundary layer in the modificatjon of the potential 

flow, Thfs procedure i s  repeated until convergence is obtained. 

The program is written in FORTRAN IV for the CDC 6600 and 7600 

series of computers. 

operates in the overlay mode. 

It uses 100,000 octal words of storage and 

Integral Boundary-Layer Method Description 

- The boundary-layer development is calculated from the stagnation 

line back to the trailing edge for each surface of the configuration and 

is divided thus: 

Calculations, and (c) Turbulent Development. 

(A )  Laminar Development, (b) Instability and Transition 

Laminar Development. - The laminar boundary-layer calculation is a 
modified Thwai tes method (Ref. [lo]) u s h g  a two-dimensional integral 

approach along external streamlines. In Thwaites method, the momentum 

integral equation 

de/dx' = Cf/2 - (H + 2) e/U (dU/dx') 

i s  written in the form: 
h 

d/dx' W U )  = L/U 



26 

where 

- 0  

K = e2/P (dU/dx') 

(16) L = [R - K ( H ' +  2 ) ]  

a = e/u (au/au')jy = 0 

To determine tbe  r e l a t i o n s h i p  between L and K, Thwaites used exact 

so lu t i ons  t o  a v a r i e t y  o f  laminar f lows t o  ob ta in  

L = 0.45 - 6K (17) 

Curle (Ref. [ll]) suggested a mod i f i ca t i on  o f  equat ion (17) s ince i t  was 

shown t o  be inadequate i n  f lows approaching separation: 

(18) L = 0.45 - 6.K + g(K,p) 

where 

p = K2 U (d2 U/dx'2)/(dU/dx')2 

If equation (18) i s  subs t i t u ted  i n t o  equat ion (15) and in tegra ted ,  the 

fo l low ing  i s  obtained 

e2 a 0.45 Y/U6 ('(1 +- 2.22g) U5 dx '  

With g i n i t i a l l y  equal t o  zero, equation (20) i s  e a s i l y  solved by 

i t e r a t i o n .  A t  each s tep o f  the  ca lcu la t ion ,  the shape f a c t o r  H can be 
8 

8 determined us ing equation (16). Then wi th  the  a i d  o f  equation (20), the  

displacement thicknesses can be ca lcu la ted  by 
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8 

r 

The calculations proceed u n t i l  laminar separation occurs or until 

' t h e  end of the a i r fo i l  i s  reached. The boundary-layer development i s  

then searched t o  determine if  transition or separation has occurred, i n  

which case the flow is assumed t o  be tu rbu len t .  

1ns.tability and- Transition Ca.lculations. - Boundary-layer 

instabi l i ty  and transitionare not well understood, and there i s  as yet 

no reliable theoretical method for  their prediction. 

however, that  a boundary layer becomes unstable when small disturbances 

are  permitted t o  grow. The amplication. of these disturbances causes the 

f l o w  t o  become turbulent. Granville (Ref. [12]) has developed an 

empirical procedure based on determining the neutral s tab i l i ty  and 

transition po in t s .  The neutral s tab i l i ty  point i s  defined as that p o i n t  

downstream o f  which small disturbances are amplified within the boundary 

layer. T h i s  point is reached when the Reynolds number based on local 

1 it i s  known, 

flow properties reaches some cr i t ica l  value RINS. Schlicting and 

Ulrich (Ref. [l3]) have correlated RINS w i t h  t h e  local pressure 

gradient parameter 

Correlations o f  K by Smith (Ref. [14]) and others were reduced t o  

analytical fom as follows: 

K = -0.4709 + 0.11 066;'lnRo - 0.0058591./ in 2 Ro 

for 0 e R, < 650 
INS  
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K 3 0.69412 - 0.23992/lnR0+ 0.0205/ln2Re 

f o r  650 < Re < 10,000 
INS - 

For a given Re,  if the calculated value o f  K is greater than that 

0 determined by the boundary-layer development, the f l o w  has passed from a 

stable to an unstable region and the'transition process begins. 

Granville has developed. a similar correlation to determine the 

transition point by defining an average pressure g r a d i e n t  parameter 

K =  istrans ins KdS 

'trans - .Sins 

or expressed analytically: 

< 1100 (27) - K = - 0.12571 + 1.14286 x Re for 750 < Re 
trans 

and 

When the calculated value of  k for a given i s  greater than that 

value given by the boundary-layer development, transition is predicted 
Re 

and the turbulent boundat-y-layer calculations begin. 



- .  

TurbuJent Devel.opment. - The turbulent boundary-layer calculation 

method is the method of Cumpsty and Head (Ref. [15]). T h i s  method uses 

an orthogonal curvilinear system o f  coordinates: based on the projection 

of external streamlines on the surface of the a i r fo i l .  In this system, 

streamwi se t u r h u  1 ent boundary-1 ayer prof i les resemb 1 e two-d imensi onal 

profiles. Therefore, when the streamwise profil’es are known,  the cross- 
flow profiles can be determined as functions of !; the streamwise profiles 

and the angle between the surface streamline and the projection of the 

external streamline on the surface (the angle +,). 

Cumpsty and Head wrote the streamwise and cirossflow I 
@omentum 

equations as follows: 

Streamwise Momentum Equation 

Crossflow Nomenturn Equation 

6 4 1 
H+2 H+3 -+ mj + - - -  4 

e22 = e l l  C ( H )  tan#;  C ( H )  = - ( H  + H1) 1;- H+l 

. .  
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This system of equations contains more. unknowns than equations; hence 

f u r t h e r  re la t i onsh ips  are required. 

The needed re?at ionsh ips  are obtained by using Cumpsty and Head's 

entrainment equat i on : 

F(H1) = exp [-3.512 - 0.617 In (H1 - 3)], 
(33) 

and Thompson's two parameter s k i n - f r i c t i o n  law (Ref. [76]): . 

and i s  g iven  by 

Cf, = exp (A t HB) 

where 

A = 0.01952 - 0.3868 Z t 0.02834 Z2 - 0.0007 Z3 

B = 0.19151 - 0.8349 Z t 0.06259 Z2 - 0.001953 Z3 

(35) 
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The crossflow skin-friction coefficient Cf i s  then  determined from 

t h e  streamwise skin-friction coefficient Cf by 
2 

1 

C = Cf tan$ 
f2 1. (37) 

and the resultant skin-friction coefficient C by 
fR 

With the in i t ia l  values of e l l  and H1 known from the laminar 

equations or s tagnat ion  line in i t i a l  conditions, equat'ons (29), (30), 

and (32) are then integrated. The calculation procedure continues until 

the sum of the angles p and 4 reaches 90'. The angle p i s  defined 

as the angle between the external streamline and wing normal chord. The 

angle @, as previously defined, i s  the angle between the surface stream- 

line and the projection of an external streamline on the surface o f  the 

a i r fo i l .  When the sum.of p and 4 reaches 90° ,  the flow i s  completely 

spanwise, and by definition, separation has occurred. The calculations 

are then stopped and a message i s  printed indicating the occurence of 

turbulent separation. 

? 
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TABLE I 

DESIGN CHORDWISE LOCATION OF STATIC PRESSURE TAPS 

ON SEMISPAN WING MODEL 

0.0 

.001938 

.005101 

.008412 

.012003 

e 015533 
.020164 

.026691 

.068029 

,096415 

.161629 

.Ob3449 

.127694 

197963 

236335 
.276981 
.319422 

3637 51 
.410335 

458507 
I -508984 

.561119 

,615491 

.671552 

.728190 

785998 
.843881 

. go0483 

.956240 

99619 
1.0000 

z/c 
Upper Surface 

0.0 

.007786' 

. .012371 

01 57 51 
018643 

.021081 
023692 

.026927 

033474 

. C40393 

.Ob6215 

.050912 

054 573 
.057260 

.059018 

059893 

059933 
.059168 

057631 

055365 
.052366 

.Ob8693 
,044342 

039352 

.033838 

027770 

.021246 

,014420 

.007242 

.001260 

0.0 

z /c  
Lower Surface 

0.0 -. 007786 
- 012371 
-. 015751 
-. 018643 
-. 021081 
- .023692 
- ,026927 
- .033474 
-. 040393 
-. 046215 
- ,050912 
- 054 573 
-. 057260 
- .059018 
- .O59893 
- .059933 
-.059168 . 

- .057631 
-. 055365 
- .052366 
- . Oh8693 
- .Oh4342 
- .039352 
- ,033a3a 
- ,027770 
- . c212h6 
- .01)!420 

- .001260 
0.0 

- .007242 



TABLE I I 

Wing  Span and  Aspect Ratio f o r  Semispan 

Wing hilodel at 

Di f ferent Sweep Angles 

Sweep 

T 
loo 

20° 

30' 

400 

b/2, m 

2.95 

2.98 

2.91 

Z083 

2.53 

A R  

5.90 
5.87 

547 
4.90 

3.88 
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TABLE 1 1 1  - Spanwise Location of Static Pressure Tap Rows 
On Semispan Wing Model 

9 

05 
1986 
3436 
4813 
6084 
7218 
8186 
8965 
9539 
9883 



. 

START 

I 

POTENTIAL 
FLOW CALCULA- 

DERIV- HING ALONE 

COMPUTE STAG- 
NATION POINT 
LOCATION FOR 

EACH STRIP 
(STAG 1- 

I -  [ CAkKI(:ATE 

(INTEG) 

PLOT RESULTS DEVELOPMENT 

OF EACH STRIP FOR EACH SURFACE (PRINTER & 
BLPLOT 

COMPUTE NEW 
STRIP  GEOMETRY 

FROM 6*'S 
INTERPOLATE 

(INTRPI) (GEOMAO 1 

SMOOTH NEW SLOPES OF NEW 
CAMBER L I N E S '  

CAMBER L I N E  

f STOP 1 
Figure  1.  - Flow char t  o f  s t r i p  method. 



X 

I r 
i 

Y 

OR1 G I N A L  

PLANFORM PLANE 

I Known C values 

0 Interpolated Cp 
P 

requ i red 1 oca t i  ons 

Y '  

TRANSFORMED 

PLANFORM PLAllE 

x Interpolated C p  
actual 1 ocat  ions 

Figure 2 .  - Coordinate system transformation for the interpolation 
o f  pressure coefficients. 



. 

f - 
' Z  

- .. .,,., 

. .  

Q) n 
E '  

I 0 '  
V 

N 

+ *kJ 

L 

c 

0 
c , .  

.- 

N 



a 

0-POTENTIAL FLOW 
0-CAMBER EFFECT ONLY 

0 - C A M B E R  8 THICKNESS EFFECTS 

(ALL DATA FROM REF, 6 

. 

P 

L 

.8 k- 

/ 

[ 

1 1 I I 
2 Lf 6 8 

FlLPHFl 
10 

F i g u r e  4 .  - E f f e c t  o f  camber  and  t h i c k n e s s  on  s e c t i o n  n o r m a l  
f o r c e  c o e f f i c i e n t  f o r  N A C A  0012 a i r f o i l .  



8 

L Sting mount 
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